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TBE OaJEcTIVEs AM) DESIGN OF TBE 

REFERENCE UNIT FOR THE L.UNAR ORBITER 

JackM. Simon 
Sperry Gyroscope Company, I n e r t i a l  D i v i s  

Great Neck, Long Island, New York 

Royce H. Sproull 
NASA Langley Research Center 

Langley Stat ion,  Hampton, Virginia 

The Lunar Orbiter, a photographic s a t e l l i t e ,  
is one of the family of lunar reconnaissance 
spacecraft planned f o r  the unmanned exploration of 
the moon pr ior  t o  Project  Apollo. The spacecraft 
requires a guidance capabi l i ty  f o r  t ra jec tory  
changes, f o r  example, midcourse corrections and 
t ransfer  i n t o  lunar orbi t ,  and f o r  camera pointing 
during photography. The i n e r t i a l  sensing function 
f o r  guidance i s  provided by the  I n e r t i a l  Reference 
unit. 

This paper describes i n  br ie f  the Lunar 
Orbiter objectives,  mission and spacecraft con- 
figuration, and discusses i n  d e t a i l  i t s  I n e r t i a l  
Reference Unit including the  system configuration, 
accuracy, and physical design character is t ics .  

Introduction 

The Lunar Orbiter s a t e l l i t e  w i l l  u t i l i z e  a 
film-type camera f o r  obtaining high-resolution 
photographs of f a i r l y  la rge  areas on Yne moon's 
surface. The t ~ i c c - ~ % s  stab3 l i z e d  spacecraft  
employs a guidance system using c e l e s t i a l  bodies 
f o r  a t t i t u d e  reference during the extended periods 
of cruise,  and i n e r t i a l  measurements during short  
periods of maneuvering. 

The guidance system uses the  I n e r t i a l  
Reference U n i t  (IFW) for  the  i n e r t i a l  measurement 
function. The system controls and measures space- 
c r a f t  maneuvers required f o r  t ra jec tory  changes 
and photography, and maintains a f ixed  s p a t i a l  
a t t i t u d e  with respect  t o  the  reference c e l e s t i a l  
bodies while they are occulted by the moon. The 
IRU measures a t t i t u d e  e r ror  and r a t e  and during 
spacecraft  ve loc i ty  changes, measures l inear  
acceleration. 

The bas ic  concept and design of the I lW was 
i n i t i a t e d  and accomplishedby the  Lunar Orbiter 
prime contractor,  The Boeing Company, and i t s  sub- 
contractor,  t h e  Sperry Gyroscope Company. The 
pro jec t  i s  managed by the  NASA, Langley Research 
Center. 

The Lunar Orbiter Mission Objectives 

The primary Lunar Orbiter mission objective 
i s  t o  obtain photographic information concerning 
the lunar surface i n  support of Project  Apollo. 
A secondaxy object ive i s  t o  obtain general scien- 
t i f i c  measurements f o r  the extension of man's 
knowledge of the moon and i t s  environments both 

f o r  A p o l l o  and general s c i e n t i f i c  use. 
photography w i l l  lead t o  landmark mapping, geo- 
logical  interpretat ion of lunar surface charac- 
t e r i s t i c s ,  and eventual select ion of Surveyor and 
Apollo landing sites.' Other instrumentation w i l l  
provide data r e l a t i v e  t o  the  lunar gravi ta t ional  
f ie ld ,  high-enera p a r t i c l e  f lux,  and micromete- 
oroid puncture rates. 

The 

The Lunar Orbiter Mission Description 

The f irst  Lunar Orbiter i s  scheduled f o r  
launch i n  1966, u t i l i z i n g  an Atlas-Agena launch 
vehicle. 
similar t o  those used f o r  the Ranger spacecraft 
( f ig .  1). During the  launch phase, tracking and 
guidance will be provided by t h e  Eastern T e s t  
Range (ETR) using the  guidance capabi l i t i es  of the  
launch vehicle. Also as f o r  Ranger, subsequent 
tracking will be accomplished by the NASA Deep 
Space Instrumentation F a c i l i t y  (DSIF) . Centra- 
l ized control  of t h e  mission will be provided by 
the  NASA Space F l ight  Operations F a c i l i t y  (SFOF) 
i n  Pasadena, California. h u n c h  windows and 
lmar o r b i t a l  parameters f o r  t h e  Lunar Orbiter are 
constrained within ai7 g?;-cc ~311th hy Imique tar- 
get i l lumination and coverage requirements. 

The launch techniques and procedures are 

After inser t ion  i n t o  t h e  cis lunar  t ra jec tory  
( f i g .  2), the  spacecraft  wiii separate fm= the 
launch vehicle, i t s  solar panels and two antennas 
will unfold, and it w i l l  start i t s  search for the  
sun. After sun lock-on occurs, the  spacecraft  
begins a controlled r o l l  around the  sun l i n e  
mapping the stars that fa l l  within t h e  f i e l d  of 
view and s e n s i t i v i t y  l i m i t s  of i ts  star tracker.  
The mapping data are  telemetered t o  ear th  via the 
omnidirectional antenna. A correlat ion i s  accum- 
plished and the star Canopus ident i f ied.  
spacecraft i s  then commanded t o  r o l l  t o  and lock 
on Canopus. Thus the three axes are s tabi l ized,  
the solar panels are pointed toward the sun, and 
ce les t ia l  base l i n e s  are establ ished fo r  refer- 
encing the d i rec t iona l  antenna and attitude naneu- 
vers throughout the remainder of the  mission. 

The 

During the cis lunar  phase midcourse correc- 
t ions may be made. Upon arrival at the moon, 
spacecraft veloci ty  changes w i l l  e s tab l i sh  an 
i n i t i a l  lunar orbi t ,  with a perilune of 200 Km 
and an apolune of 1800 Km f o r  a typ ica l  mission. 
After a period of tracking t o  determine t h e  orbi- 
tsl parameters, a f i n a l  adjustment i s  made t o  
position t h e  perilune 46 Km over the  ta rge t  area. 
Prior t o  the a r r i v a l  over the  ta rge t  on each 
orb i ta l  pass, the  spacecraft  maneuver6 t o  point 
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t he  onboard camera f o r  p ic ture  taking. After f i lm  

Base l ines,  t he  
be read out and th .  This i s  

4Wa-w o i t s  c e l e s t i a l  
and i s  ready t o  

B- 

antenna. 
t h e  f l i g h t  programer, u t i l i z i n g  a da ta  storage and 
timing system, o r  by real  t i m e  commands transmitted 
from t h e  earth. 

A l l  spacecraft evenfpa re  i n i t i a t e d  by 

Spacecraft Configxation 

The 850-pound Lunar Orbiter spacecraft 
( f i g .  3) i s  % f e e t  tall and 5 f e e t  i n  diameter i n  

i t s  launch configuration. When deployed, t he  span 
across the  antenna booms and the  so la r  panels a r e  
la f e e t  and about I2 f ee t ,  respectively. 

I n e r t i a l  Reference Unit i s  attached t o  the  equip- 
ment mounting deck, as a re  a l l  t he  major space- 
c r a f t  components with the  exception of the  rocket 
engine and tanks. 

The 2 

Functions of the  IRU 

During t h e  Lunar  Orbi te r ' s  a t t i t ude  maneuver 
phase, t h e  IRU provides the  vehic le ' s  a t t i t u d e  
rate t o  the  f l i g h t  programer, which in tegra tes  
t h i s  information so t h a t  t he  proper commands can 
be given t o  the  a t t i t ude  j e t s  t o  posit ion the  
vehicle. Positioning i s  accomplished f i r s t  along 
one ax is  and then along the  others. After com- 
p le t ing  these operations, t he  vehicle re turns  t o  
i t s  ce l e s t i a l  base l ines ,  performing the  maneuver 
i n  reverse. During a l l  maneuvers, the  maximum 
e r ro r  introduced by the  i n e r t i a l  reference un i t  i s  
1.8 degfhr a t  t he  Lunar Orbi te r ' s  t yp ica l  maneuver 
rate of 0 . 5  degfsec. 
only a 0.1-percent a t t i t ude  maneuver e r ro r  i n t o  
the  system. 

Thus the  un i t  can introduce 

The Lunar Orbiter must maintain t ight a t t i -  
tude control during the  vehicle th rus t ing  and 
photography phases. Atti tude e r ro r s  up t o  a maxi- 
mum angle of 3 degrees a re  measured by the  IRU. 
This range i s  more than suf f ic ien t  because the  
vehicle i t s e l f  is controlled t o  much smaller 
angles. 
1 mv. Therefore the a t t i t u d e  control system can 
apply the  a t t i tude  e r ro r  information t o  achieve 
gcce 5::; CCGWLUY Curing the  t igh t  l i m i t  cycling 
required while vehicle th rus t ing  o r  photography 
missions a r e  being conducted. 
maximum gyro dr i f t  i s  0.3 deg/hr. 

The IRU introduces noise of approximately 

During t h i s  phase, 

During the Lunar Orbi te r ' s  vehicle th rus t ing  
maneuvers, the IRU measures acceleration. The 
acceleration information i s  provided t o  the  f l i g h t  
programer, where it i s  integrated and compared 
with the desired velocity increment t o  determine 
engine cutoff t i m e .  

During the coasting phase, routine a t t i t u d e  
cont ro l  i s  required. 
the IRU i s  provided t o  determine the  vehic le ' s  
l i m i t  cycle rate - the rate at  which the  vehicle 
o sc i l l a t e s  about i t s  c e l e s t i a l  baselines.  The 

The , a t t i t ude  r a t e  output of 

maximum e r ror  i n  t h i s  rate i s  0.7 deg/hr at  near; 
zero r a t e s  involved, and noise i s  approximately 
0.2 percent of fu l l - sca le  voltage. 
the  u n i t ' s  r a t e  s igna l  i s  used by the  a t t i t u d e  
control system t o  e f f ec t  f u e l  economies during 
t h i s  phase. 

As a r e su l t ,  

Whenever e i the r  c e l e s t i a l  reference i s  
occulted hy the  EOSC, t he  IF; provides a sun o r  
Canopus memory. Usually, t he  sun i s  i n  shadow 
one-fourth of the  time. At t i tude  e r ro r  is pro- 
vided by the  IRU f o r  l i m i t  cycling during this  
operating mode. Here, t he  major accuracy con- 
sideration i s  the  gyro's maximum d r i f t  r a t e  O f  
0.3 degfhr, which permits rapid reacquisit ion O f  
t he  sun o r  Canopus when t h a t  body emerges from 
the  shadow. 

The IRU functions i n  the  spacecraft are 
depicted i n  f igure  4. 
binary e l e c t r i c a l  signals consisting of: 
mode ( a n  power on or  o f f ) ;  accelerometer mode 
(accelerometer power on o r  of f ) ;  and gyro mode 
( a t t i t ude  rate or the  a t t i t ude  e r ror ) .  
mode commands can be applied t o  t h e  three  axes 
independently. The a t t i t u d e  rate and a t t i t u d e  
e r ro r  outputs a re  d-c analog signals, but t he  
accelerometer output consists of d i g i t a l  pulses 
from which the  t o t a l  velocity increment i s  sub- 
sequently derived by counting the  pulses. The 
reference un i t  furnishes ten  s igna ls  t o  the telem- 
e t r y  subsystem: a t t i t u d e  r a t e  and a t t i t u d e  e r ro r  
(each axis),  gyro spin motor current (each ax is ) ,  
and gyro operating temperature (average f o r  t he  
three  axes). 

The mode commands are f i v e  
power 

The gyro 

IRU Design Criteria 

The IRU w e i g h s  approximately 13 pounds, and 
measures 7 inches by 10 inches by 7 inches ( t h i s  
includes a l l  i n e r t i a l  components, self'-contained 
electronics,  and the  e l e c t r i c a l  interference and 
noise- f i l t e r ing  equipment required i n  the  Lunar 
Orbiter) .  The maximum primary power requirement 
over t h e  f u l l  mission p ro f i l e  i s  18.5 w not 
including the temperature-control functions.  
Power demand of these  functions, which depends on 
t h e  temperature range of the  equipment mounting 
deck t o  which the  reference un i t  i s  attached 
(850 F t o  3 5 O  F ) ,  var ies  from almost zero t o  
0.5 w. Therefore, over t h e  f u l l  mission prof i le ,  
tctd & ~ h n r y  power reaches a maximum of only 
28 w - scarcely su f f i c i en t  power t o  read by. 

Among the  design c r i t e r i a  f o r  t he  uni t ,  r e l i -  
a b i l i t y  received top  consideration. 
components were selected t h a t  had been proved i n  
e a r l i e r  space o r  missile applications.  The SYG- 
1000 gyro and the  pulsed in tegra t ing  pendulum 
(16 PIP), f o r  example, had been used i n  DOD space 
and miss i le  programs where they served many 
thousands of hours. Also, t he  16 PIP i s  man 
r a t ed  by NASA ( r a t ed  f o r  manned spaceflight)  f o r  
t he  Apollo program i n  both t h e  Command Module and 
t h e  Lunar Excursion Module. I n  addition t o  t h e  
gyros and accelerometers, most of t he  e lec t ronic  
p a r t s  have been qua l i f ied  through previous appli-  
cations; t he  minority of p a r t s  f o r  which no such 
experience ex is ted  were individually qua l i f ied  
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’ spec i f ica l ly  f o r  the  IRU. Materials and proc- 
esses, too, were individually screened f o r  r e l i -  
a b i l i t y  i n  the  design. 

After r e l i a b i l i t y ,  the next c r i t e r ion  con- 
sidered was design f o r  low weight and power. A s  
a r e su l t  of t h i s  c r i te r ion ,  the beryllium frame, 
extremely conrpact e lec t ronics  packaging, and a 
number of low-power c i r c u i t s  were designed. 

Finally, the various elements of the spsce 
environment required par t icu lar  attention. Design 
f o r  survival of launch shock and vibration condi- 
t ions  was achieved through the  ruggedness of the  
i n e r t i a l  components and through the strength of 
the beryllium frame. The design of the  thermal- 
vacuum path had t o  be carefully selected t o  mini- 
mize increases i n  temperature of electronic com- 
ponents (a r e l i a b i l i t y  consideration) and t o  
minimize the  e l e c t r i c a l  heater power required t o  
control t he  temperature of i n e r t i a l  components. 

IRU System Description 

The complete IRU i s  depicted flrnctionally i n  
figure 5 ,  and photographs of the component are 
shown in f igure  6. 
beryllium frame, three SYG-1000 QJR”OS, one 16 PIP, 
and s ix  e lec t ronic  modules. 

I n e r t i a l  Components 

The major assemblies are i t s  

Three SYG-loo0 single-degree-of-freedom, 
floated,  r a t e  in tegra t ing  gyros are  used i n  the  
IRU. Each consists of a beryllium f l o a t  assembly 
containing a symmetrical spin r a t e  with in t eg ra l  
bearings. I ts  dynasyn pickoff i s  an air-core 
d i f f e r e n t i a l  transfonoer having no I U G & ~ ~  k e z  
and, hence, i s  f r e e  from reaction torques and 
radial forces. The dynasyn torquer i s  an a i r -  
cere pena??ent-magnet device operating on the  
d’Arsonval principle.  The f l o a t  assembly i s  
neut ra l ly  buoyant i n  a f lo t a t ion  f l u i d  whose non- 
freezing charac te r i s t ics  provide low-temperature 
exposure capabi l i t i es .  The gym has a pivot-jewel 
output-axis suspension and a bellows a t  each end 
t o  prevent end-to-end f l u i d  flow; it provides both 
low-temperature and high-temperature volume 
compensation. 

The 16 PIP, together with pulse torquing 
electronics,  was selected p a r t i a l l y  because of 
i t s  low power requirements. 
weight, high-strength beryllium case and consists 
of th ree  major functional subassemblies: 
pendulus f l o a t  or sens i t ive  element, the  s igna l  
pickoff ducosyn, and the  torque generator ducosyn. 
A ducosyn i s  a dual-purpose electromagnetic device 
consisting of two concentric 8-pole s ta tors .  The 
inner s t a t o r  provides the  magnetic suspension 
while t he  outer s t a t o r  serves as the  torque motor 
or signal pickoff. 
physical  connections whatever. 

The un i t  has a l i gh t -  

The 

The pendulum f l o a t  requires no 

Electronics Subsystem 

The e l ec t ron ic  c i r c u i t s  of the  IRU provide 
~ y r o  control,  accelerometer control, power 

conditioning, temperature control, and telemetry 
conditioning. 

The gyro electronics a re  depicted i n  f igure  7 
with the associated mode switching and signal con- 
ditioning. In  the  a t t i t ude  r a t e  mode, the  torque- 
to-balance loop having an overdamped loop charac- 
t e r i s t i c  i s  u t i l i zed  with a lower frequency of 
I20 rad/sec. In  the  a t t i t ude  e r ror  mode, fast 
response time of l m s e c  i s  achieved i n  the  open- 
loop gyro. The c r i t i c a l  a t t i t u d e  r a t e  output 
amplifier i s  noteworthy f o r  i t s  extremely low 
d r i f t  of 0.003 percent of fu l l - sca le  voltage. 

The accelerometer loop i s  sham i n  figure 8 
with i t s  associated mode switch and signal condi- 
tioner. Here, t he  sense detector i s  actuated by 
the  200-cps clock, which i s  phase coherent with 
the 4.8-kc pickoff excitation. A s  a resu l t ,  
direction (or sense) of the  pendulum‘s of fse t  f rom 
n u l l  i s  determined during each clock period. This 
same signal, i n  t h e  form of exci ta t ion  of the 
proper output (plus or minus), switches a preci-  
sion, f ixed-level current source t o  the  torquer i n  
a direction tha t  w i l l  restore pendulum nul l .  In 
effect ,  pendulum o f f se t  i s  maintained near zero 
with the precision torque pulses balancing the  
pendulum acceleration. These torque pulses, 
therefore, consti tute a measure of the  accelera- 
t i on  experienced by the  pendulum, one pulse f o r  
one clock period representing a f ixed  velocity 
increment during the  period ( i n  t h i s  case 
0.1 f t / s e c ) .  
accelerometer loop a re  t h a t  the  accuracy depends 
only (1) on ca l ibra t ion  of t he  16 PIP t o  a fixed 
current l e v e l  and (2) on the  a b i l i t y  of the  elec- 
tronic c i r cu i t s  t o  maintain the  f ixed  current and 
the clock timing. The normalization c i r c u i t  shown 
i n  the f igure  provides f o r  mametic cciiteri-g n9 
the  f l o a t s  and for tuning of the  torquer coils.  
The few components controll ing the  precision cur- 
ren t  l e v e l  m d  requiring temperature control a r e  
mounted d i r ec t ly  on the 16 PIP t o  benef i t  from i t s  
controlled temperature. 

The performance fea tures  of the  

The power conditioning regulation technique, 
devised f o r  low power d iss ipa t ion  with regulation 
over wide input voltage variations (21 t o  3%) , i s  
shown i n  f igure  9. Basically, t h e  f lux  i n  the  
f ina l  transformer that supplies all d i rec t  current 
and gyro-motor power i s  regulated against  a Zener 
reference voltage. I f  t h i s  flux i s  low, an e r ro r  
signal increases the on tine of a switch i n  se r i e s  
with primary power. 
switch i s  on r e s u l t s  i n  an increase i n  the d-c 
component of primary voltage, thereby ra i s ing  con- 
t ro l l ed  d-c voltage. This, i n  turn, increases 
transformer flux u n t i l  a proper value i s  reached, 
as evidenced by the  derived feedback d-c voltage 
t h a t  balances the  reference d-c voltage. The 
power conditioner consists of the  regulation c i r -  
cuits, r e c t i f i e r s  and f i l t e r s  f o r  d-c outputs 
f r o m  the  inverter,  a capacitor-phase, s p l i t t i n g  
c i rcu i t  f o r  three-phase gyro-motor outputs from 
the inverter,  a clock, and a precision 4.8-kc 
pickoff and temperature sensor excitation supply. 
The clock operates from a 19.2-kc c rys t a l  o sc i l l a -  
tor  with digital countdown t o  derive i t s  outputs. 

The increased time that the 



I n  the temperature-control c i r c u i t s  pulse- 
width modulation handles the s igni f icant  heater 
power leve ls  at low amplifier dissipation. For 
added power efficiency, t he  loads f o r  both dr iver  
and output stages are the heater windings 
themselves. 

Amplification and buffering are provided f o r  
the a t t i t ude  r a t e  and a t t i t u d e  e r ro r  outputs on 
each s ~ i c ,  gp-o-motor current on each axis, and f o r  
the  sum of the three  gyro temperatures. 

Transistors a r e  used i n  the  IRU. The d i g i t a l  
functions, including the clock countdown and accel- 
erometer logic, contain integrated flat-pack c i r -  
cu i t s .  Switching i s  accomplished with so l id-s ta te  
elements . 

The low power demand of the  reference un i t  
r e s u l t s  from t h e  high-efficiency switching tech- 
niques described f o r  power conditioner regulation 
and temperature control. The difference between 
the  switching technique of t he  power conditioner 
and the  conventional series regulator i s  t h a t  i n  
the  power conditioner a reac t ive  (d iss ipa t ion less )  
voltage drop i n  the  f i l t e r  following the  power 
switch i s  substi tuted f o r  a r e s i s t i ve  (and d i s s i -  
pative) voltage drop. The t r ans i s to r  switches 
here and i n  the  heater amplifiers achieve very 
good ef f ic ienc ies .  Other examples of power-saving 
measures i n  the  design are the  choices of switching 
frequencies and the  accomplishment of phase- 
sens i t ive  demodulation and mode switching a t  low 
signal l eve l  i n  the  gyro electronics.  

The electronic packaging w a s  selected f o r  low 
w e i g h t  and good thermal conductivity using proved 
techniques. The aluminum frame of each module 
( in se t  f i g .  6) supports compact honeycombs that 
house the  electronic pa r t s  normally i n  cordwood 
formation, as shown i n  t h e  photo at the  far l e f t .  
Electronic pa r t s  are integrated in to  the  honeycombs 
with a special  encapsulant of high thermal conduc- 
t i v i t y .  The soldering i s  i n  accordance with NASA 
procedures f o r  every d e t a i l  of t he  jo in t  - 
including the arrangement, materials, processes, 
tools,  and environment. All together, t h e  modules 
occupy 243 cubic inches and house 1,600 e lec t ronic  
parts,  thus achieving average package density of 
6.5 pa r t s  per cubic inch, and peak dens i t ies  t h a t  
a r e  much higher. The t o t a l  weight f o r  t he  s i x  
modules i s  6.20 pounds. 
L ~ u i i i c  p a r t s  alone i s  3.91 pounds. Thus the  
payload-to-nonpayload weight r a t i o  i s  1.71, which 
compares favorably with the  best of t he  present- 
day d iscre te  component packaging technology. 

The weight nf t h e  =1;-- 

Thermal Desijzp 

Conductive heat flow was  selected instead of 
rad ia t ion  because it  resu l ted  i n  lower temperature 
rise i n  t h e  electronic components. A t  t he  hard 
vacuum experienced mm Bg), conduction i s  
confined t o  solid material t h a t  has been engi- 
neered i n t o  the design. 

The heat sink f o r  the  IRU i s  the  spacecraft’s 
equipment mounting deck t o  which the un i t  i s  
bolted. In  the hard vacuum, all junctions must be 

very carefully controlled. Although the  7Ru . 
mounting surface can achieve a 16-microinch f i n i s h  
and 0.0005-inch f la tness ,  t he  la rger  light-weight 
spacecraft frame cannot r e a l i s t i c a l l y  do t h i s .  
Therefore, su i tab le  conductivity between the  IXU’s 
mounting surface and t h e  spacecraft’s frame must 
be obtained by using indium f o i l  and a la rge  num- 
be r  of mounting b o l t s  (8)  a t  the  junction. 

The frame design i s  a compromise between 
w e i g h t  and temperature drop. Accordingly, a nomi- 
na l  1/8-inch thickness i s  employed with thickening 
provided i n  c r i t i c a l  spots. 

The thermal path from a typ ica l  e lec t ronic  
pa r t  i s  through the  encapsulant t o  the  honeycomb, 
then through another thickness of epoxy adhesive 
t h a t  fas tens  the  honeycomb t o  the  aluminum module 
chassis, and f i n a l l y  through the  machined-surface 
junction between t h i s  chassis and the  beryllium 
frame. The adhesive and honeycomb materials were 
selected f o r  t h e i r  thermal conductivity. Also,  
t he  aluminum module chassis was  formed by d ip  
brazing, a method selected f o r  thermal conduc- 
t i v i t y ,  and aluminum cross pieces were used l i be r -  
a l l y  i n  t h e  frsme. 
t ron ic s  can be summarized by the  following typ ica l  
temperature rise, corresponding t o  an 850 F cold 
p l a t e  : 

The r e s u l t s  f o r  t he  elec- 

Path element 

-- 
Spacecraft junction . . . 
Main frame . . . . . . . 
Module junction . . . . . 
Module frame . . . . . . 
Honeycomb . . . . . . . . 

Total 

Maximum 
temperature 

rise, 
OF 

3 
8 
3 
8 
4. 
31 

Control of thermal paths i s  a l s o  required t o  
minimize the  power demanded by the  temperature 
cont ro l le r  f o r  t he  i n e r t i a l  components. The fac- 
t o r s  t h a t  en ter  i n t o  the  power problem are inher- 
en t  power i n  the  controlled element (e.g., w o -  
motor power), value of t he  cont ro l  temperature, 
thermal conductance within the  controlled element, 
and a l l  thermal cnn.”.ctzce;c % tLc iletii s1m. 
Tolerances must be allowed f o r  a l l  these fac tors .  
A s  a result t he  con t ro l l e r ’ s  maximum power demand 
i s  increased. The I R U  tolerance study ind ica tes  
that reasonable allowances can be budgeted under 
the  conditions ex i s t ing  i n  manufacture and use, 
and t h e  r e su l t i ng  increment i n  heater power demand 
over t h e  theo re t i ca l  minimum can be held t o  about 
1 w. 

Re l i ab i l i  tx  
I n  the  IRU, t h e  @;yros a re  by f a r  the  most 

complex s ingle  i t e m ,  and, as such they have the  
dominant e f f e c t  on system r e l i a b i l i t y .  The mean- 
time-between-failure (M’IBF) assessment made for 
t h e  SYG-1000 gyro i s  25,000 hours based on confi- 
dence gained i n  previous applications.  Infan t  



mortal i ty  of gyros i s  eliminated by prescribed 
burn-in times of a t  l e a s t  200 hours. 

Since h igh- re l iab i l i ty  e lectronic  par ts ,  such 
as those developed f o r  the  Minuteman program, are 
used along with the  16 PIP, the system f a i l u r e  
r a t e  i s  increased only s l i g h t l y  above that of the  
gyros. In the 30- Lunar Orbiter mission the  
gyros, associated electronics ,  and parer-supply 
electronics  are required continuously, while the 
16 PIP and i t s  electronics  are required f o r  o r b i t a l  
corrections during the  f i r s t  10 days only. The 
probabi l i ty  of no failure fo r  the  three gyros is  
0.915; f o r  all electronics  0.95; and f o r  the 
accelerometer 0.997. The compound probabi l i ty  of 
mission success i s  0.897. 

These probabi l i t i es  are  based on no failures, 
even noncatastrophic ones such as telemetry items. 
The high r e l i a b i l i t i e s  f o r  the electronic  c i r c u i t s  
r e f l e c t  Minuteman-program experience of failure 
r a t e s  f o r  the  standard electronic  components i n  
the range of 0.004 t o  0.05 f a i l u r e s  per million 
hours. For t h e  approximately 1,600 electronic  
parts, t h i s  leads t o  the r e l i a b i l i t y  of 0.985. 
White-room conditions, mater ia l  control, qua l i ty  
control, source control, and l o t  control  and 
t r a c e a b i l i t y  of specif ic  workmen, machines, and 
times a re  specif ied during manufacture. 
of p a r t s  i s  a l s o  conducted on a 100-percent basic  
including X-ray, performance t e s t ,  environmental 
t e s t ,  and burn-in. 

Screening 

For these r e l i a b i l i t y  assessments, a severi ty  
factor  of 140 times was assumed f o r  the  launch 
environment. Negligible failure r a t e  w a s  assumed 
for solder jo in ts  because of s t r ingent  NASA 
soldering procedures. Also, all electronic  parts 
are  operated under 60 percent of ra t ing,  with 
90 percent of the p a r t s  under 20 percent of ra t ing.  

Conclusion 

The IRU design represents a s ignif icant  
advance i n  t h e  miniaturization of high-performance 
i n e r t i a l  equipment of i t s  type, without departing 
f romthe  fundamental precept of using only compo- 
nents and processes t h a t  have been proved i n  mis- 
s i l e  and space vehicles. 
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Figure 5. -  IRU functional diagram. 
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